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AERODYNAMIC STUDY OF A WING-FUSELAGE COMBINATICON EMFLOYING A WING
SWEPT BACK 63° — EFFECT OF REYNOIDS NUMBER AT SUPERSONIC
MACH NUMBERS ON THE IONGITUDINAL. CHARACTERISTICS
OF A WING TWISTED AND CAMBERED
FOR UNIFORM LOAD

By John C. HEitmeyer
SUMMARY

Results of a wind—tumnel investigation of the longitudinal charac—
teristics of a wing—body combination employing & wing with leading edge
swept back 63° are presented. The model wing, which was cambered and
twisted to support a uniform load at a 1ift coefficient of 0.25 at a
Mach number of 1.53, had an aspect ratio of 3.5 and a taper ratio of
0.25. Lift, drag, and pitching-moment measurements were made in the
Reynolds number range from 0.75 million to 3.7 million at Mach numbers
between 1.2 and 1.53. The experimentslly determined lift~curve slope
and aerodynamic—center position for the wing—fuselage model are compared
with theoretical values for the wing alone modified to include the
effects of the elastic deformation of the wing,

The data indicated that at the lower test Mach numbers, at which
the trailing edge of the wing is subsonic, and in the range of Reynolds
numbers between 0.75 million and sbout 2.0 million viscous effects
influenced the lift—curve slope, position of the aerodynamic center, and
minimum drag coefflcient to a significant degree. The data further
indicated, however, that between Reynolds numbers of agbout 2,0 million
and 3.7 million 1little change in the parameters occurred.

INTRODUCTION

In reference 1, it was pointed out that theoretical 1lift—drag ratios ™~
of 10 or greater could be obtalned at moderate supersonic speeds by
sweeping the wings back within the Mach cone from the apex of the
leading edge. To obtalin experimental data for this type of model con—
figuration, a general investigation of the aserodynamic characteristics
of a wing-body combination employing & wing with leading edge swept back
63° was undertaken at the Ames Aeronautical Leboratory. .
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The present Investigation and that of reference 2 were undertaken
to obtain experimental data on the longitudinasl characteristics of a
large—scale model. Whereas reference 2 considers the effects of Mach
number, the present report will consider the effects of Reynolds number
on the longitudinal characteristics of the twisted and cambered, 63°
swept—back, wing-—fuselage model.

ol

NOTATICON

aerodynamic center measured at zero 1lift, percent of the
mean aerodynamic chord

wing span measured perpendicular to plame of symmetry, feet

projection of local wing chord in the wing reference plane?l
and measured parallel to plsne of symmetry, feet

b/2 c2
mean aerodynamic chord s Teet

drag coefficient

minimum drag coefficient

1ift coefficlent

slope of the 1lift curve measured at zero 1lift, per degree

pitching-moment coefficient referred to mean aerodynamic
chord and measured sbout quarter—chord point of the mean

aerodynamic chord
1lift—drag ratio
maximm lift—drag ratio
Mach number

dynamic pressure, pounds per square foot

Reynolds number, based on mean aerodynamic chord

projected wing area in the wing reference plane including
area in the reglon formed by extending leading and trail—
ing edges to plane of symmetry, square feet

lWing reference plane is defined as the plane containing the swept
leading edge of the wing., For the model of the present investigation,
the wing reference plane contains the root chord, that is, the wing
chord in the plane of symmetry.
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¥ distance measured perpendicular to plane of symmetry in the
wing reference plane, feet

a angle of attack of the wing reference plane, degrees
THEORETICAYL, CONSIDERATIONS

The theoretical calculations of lift~curve slope and position of the
serodynamic center were made for the wing alone and were based on the
linearized theory of compressible flow. Within the order of accuracy of
the linesr theory, the lift—curve slope and position of the aerodynamic
center are independent of camber and twist and depernd only upon the wing
plan form. The methods of references 3 and 4 were used, therefore, to
compute the values of lift~curve slope and position of the serodynamic
center,

Reference 5 has shown that, for highly swept wings as used in the
present investigetion, the effects of elastic deformation may be sizable
and must be considered when calculating the lift—curve slope and the
position of the aerodynsmic center. The bending deflection is a fumction
of the lift of the wing which 1s related directly to the angle of sttack
of the root section and to the dynemic pressure. In the present inves—
tigation, the magnitude of the effect of elastic deformatiom upon the
lift-curve slope and the positiom of the aserodynamic center varied
throughout the Reynolds number range, since changes in the Reynolds
number were accomplished by changing the dynamic pressure of the tumnel
air stream,

The theoretical values of lift—curve slope and position of the aero—
dynamic center were modified to account for the effects of the elastic
deformation of the wing st the different dynamic pressures. An experi-
mentally messured twist due to elastic deformation was utilized with the
equations and methods of reference 5 to calculate the ratios for the
elastic to rigid wing of the lift—curve slope and the position of the
serodynamic center. To determine the twist due to elasticity the angle
of attack of the tip section was measured throughout the angle—of—attack
range of the wing—fuselage model at each of the test Reynolds numbers,
The difference between the measured tilp section angles of attack and the
geometric twist (3.52° washout ) per unit angle of attack of the model
is presented in figure 1. The sense of the twist due to elastic deforms—
tion is to increase the wing washout at angles of attack above the angle
of zero lift, .

The theoretlcal values of the lift—curve slope and of the position

of the aerodynamic center do not include the effects of the fuselage or
wing—fuselage Interference.

.
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EXPERIMENTAL. CONSIDERATIONS
Appargtus

Wind tunnel.— The present investigation was conducted in the Ames
6~ by 6—foot supersonic wind tunnel. A compléte description of the wind
tunnel end of its flow characteristics is given in reference 6.

Model.~ - The model of reference 2 was used in the present investi-—
gation and is shown mounted in the test section of the tunnel in figure 2.
The dimensions of the model are presented in figure 3. The wing plan
form had the leading edge swept back 63°, a taper ratio of 0.25, and an
asgpect ratio of 3.5. Sections parsllel.to the plane of symmetry were
composed of NACA 64A005 thickness distributions and a=l.0-type mean
lines, the maximum camber of which were determined by the method of refer—
ence 1., The variation of meximm camber with spanwise station is pre—
gented in figure 4., The theoretical spanwise twist as determined by
reference 1 was modified to account for the twist due to deflection of
the wing under the design load for a dynamic pressure of 1100 pounds per
square foot. (The dynamic pressure corresponding to a Mach number of
1.53 at a tunnel total pressure of 18 pounds per square inch absolute,)
The theoretical twilist was further modified to reduce the large twist at
the root indicated by theory. The variation of twist of the model with
spanwise station is shown in figure 4. The angle of twist was measured
with respect to the wing reference plamne. The incidence, that is, the
angle between the root chord and the fuselage center line measured in the
plene of symmetry, was zero.

The wing and the fuselage were comstructed of steel., The entire
model was palnted and sanded to a smooth finish.

Instrumentation.— The four—component, strain-gage balance snd
methods of Instrumentation of thils investigation were identical to that
described in reference 2.

Test Methods

Range of test variables.— Lift, dreg, and pltching—moment measure—
ments, along with base—pressure readings, were made at Reynolds numbers
between 0.75 million and 3.7 million, and at test Mach numbers between
1.2 and 1.53. The angle of attack was varied from O° to 10° in spproxi—
mately 1~1/4° increments. The dynamic pressure varied from 150 pounds
per square foot at the lowest Reynolds number to 800 pounds per square
foot at the highest Reynolds number,
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Reduction of data.— All force and moment coefficients are based
upon the total projected wing area, including the area in the region
formed by extending the leading end trailing edges to the plane of sym—
metry. The pitching—moment coefficient 1s based upon the mean aero—
dynamic chord and referred to the quarter point of that chord. The
Reynolds number is also based upon the mean aerodynamic chord.

The wing reference plane was used as the reference for angle—of—
attack measurements., Normal and chord forces as measured by the strain—
gage balance were resolved into 1lift and drag forces.

Corrections to data.— Reference 6 indicates that the air stream in
the wind—tunnel test section has significant axial and vertical pressure
gradients, Put that in the horizomtal cross—stream direction the pressure
gradient is negligible. When the model was mounted with the wings ver—
tical, the principal effect of the stream irregularities was to produce
a force in the longitudinal direction as it has been shown that small
yaw angles caused by the vertical pressure gradient had negligible effect
upon the longitudinal characteristics. The force in the longitudinal
direction was obtained by integrating the product of the static pressure
and the change in cross—sectional area of the body along the body length.
Tt was shown in reference 6 that the static—pressure—coefficient variation
along the tunnel center line was independent of tumnel total pressure, and
consequently the coefficient form of the drag correction was the same at
all Reynolds numbers.

For the ratio of sting diemeter to base diameter used, reference T
indicates that the effect of sting interference is confined to a change
in base pressure. By the same reasoning used in reference 2, the drag of
the model was corrected by an amount equal to the product of the base area
and the difference between the measured base pressure and the free—stream
static pressure at that point,

Precision of date.— The manner in which the final uncertainty in
any guantity was obtained is the same as that described in reference 2,
since the experimental techniques were identical.

The following table lists the final uncertainty in the quantities at
zero angle of attack and at the highest and lowest Reynolds number of the
investigation:

Quantity 0.75 million | 3.7 million
Lift coefficient |+0,0025 +0,0005
Drag coefficient .0005 1 .0002
Pitching—moment . 0009 .0002

coefficient

Angle of attack .04° .04
Reynolds number .03 million .03 million
Mach number .01 01

il
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RESULTS AND DISCUSSION
General Characteristics

The 1ift coefficient as a function of angle of attack is presented
in figure 5 for the range of Reynolds nunbers and Mach numbers investi—
gated. The data indicate linear variation of 1ift coefficlent with angle
of attack to a 1lift coefficient of sbout 0.2. Above this value the rate
of change of lift coefficient with angle of attack decreased.

Pitching-moment coefficient as a function of 1ift coefficient is
presented in figure 6., The slope of the pitching—moment curve, a measure
of the static longitudinal stability, was constant to a 1ift coefficient
of about 0.2. Above g 1lift coefficient of 0.2 the slope of the pltching-
moment curve was less negative, indicating decreased static stability.
Above a lift coefficient of approximstely O.4 further increase in 1lift
coefficient resulted in an umstable variation of pitching moment with
lift,

The loss in 1ift and the decrease in static stability at the larger
1ift coefficients (Cp>0.2) are assoclated with the spanwise flow of
the upper—surface separated turbulent boumdary layer on the outboard
sections of the wing near the trailing edge. Tuft plctures teken during
the investigation showed spanwise flow of the boundary layer to be
present in this region at 1lift coefficients sbove 0.2 at all test Mach
numbers and Reynolds numbers.

Drag coefficient and lift—drag ratioc as functions of 1ift coefficient
are presented in figures 7 and 8, respectively. The data of figure 8
indicated that, within the range investigated, Reynolds number had little
effect upon the lift—drsg ratio.

Effect of Reynolds Number

The experimental and the theoretical values of the lift—curve slope
and of the position of the aerodynamic center as functions of Reynolds
number are presented in figures 9 and 10, respectively. As noted pre—
viously, the theoretical curves are those for the wing alone and for the
wing considered as an elastic beam. The theoretical values of lift—curve
slope and position of the aerodynamic center for the rigid wing alone are
indicated on the margins of figures 9 and 10, respectively.

With a change in Reynolds number, the lift—curve slope and the posi—
tion of the aerodynamilc center were subjected to the combined influence of
elastic deformation of the model and to viscosity effects. The effect of
elastic deformation is shown by the difference between the theoretical

K __ . "
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values of the elastic wing and the corresponding value of the rigid wing.
The difference between the theoretlcal curve of the elastic wing and the
experimental wing-fuselage data is due in part to the limitations of the
linear theory, to wing-body interference, to the presence of the fuse—
lage, and to viscosity effects. The effects of viscosity upon the 1lift—
curve slope and upon the position of the serodynamic center are indicated,
however, by the variation with Reynolds number of the difference between
the experimental curve and the respective theoretical curve of the elastic
wing.

Lift—curve slope.— The rate of change of the difference hetween the
experimental and the theoretical curve of the elastic wing indlcates that
the lift—~curve slope, at the lower Mach numbers, was most influenced by
viscosity effects in the range of Reynolds numbers between 0.75 million
and gbout 2.0 million. The varilation of lift—curve slope, measured at
zero lift, in this range is believed to be related to separation of the
laminar boundary layer 1n the steep adverse pressure gradient in the
region of the subsonic trailing edge. Reference 8 has shown that at low
Reynolds numbers it is possible for the lifting pressures, in the region
behind the trailing—edge Mach line, to be greater than the correspcnding
lifting pressures at higher Reynolds numbers. With an increase in
Reynolds number, the ares of separated laminser boundery lsyer was reduced
by the onset of turbulent flow with a subsequent reduction in lift-curve
slope.

In the Reynolds number range from about 2.0 million to 3.7 milliom,
however, the difference between the experimental snd theoretical curve.
was neaerly constant, indicating 1iittle change in the lift~curve slope due
to viscosity effects. The apperent decrease 1n lifit~curve siope with
Reynplds number in this range, shown in figure 9, is associated with the
elastlic deformation of the wing mentioned previously.

Aerodynamic center.— The serodynamic center at zero 1lift as a
function of Reynolds number 1ls presented in figure 10, The variation
with Reynolds number of the difference between the theoretical and experi—
mental curves shown in figure 10 indicates that viscosity effects caused
a forward movement of the experimental aerodynamic center between
Reynolds numbers of 0.75 million and sbout 2.0 million., As noted pre—
viously, the influence of the subsonlc trailing edge resulted in higher
lifting pressures in the regilon behind the tralling—edge Mach line at
the lowest Reynolds numbers (reference 8). The lifting pressures in this
region decreased as the Reynolds number was increased, resulting in the
forward movement of the aerodynamic center., At a Reynolds number of
about 2.0 million, the boundary layer in this region had gpparently
become fully turbulent and no perceptible movement of the experimental
aerodynamic center occurred with incressed Reynolds number up to the
meximum test value of 3.7 million.

Pitching-moment coefficlent at zero lift.— The experimental results
(£ig. 6) show that, at all the tes % Mach, mmbers, the pitching-moment

R . -
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coefficient at zero lift decreased in the range of Reynolds numbers
between 0.75 million and about 2.0 million, and remained essentially
unchanged In the range of Reynolds numbers between about 2.0 million

and 3,7 million. It is believed that the behavior at the lower Reynolds
numbers is related to the large areas of separated laminar flow, present
at such small Reynolds numbers, reducing the effective camber of the wing
sections. Increasing the Reynolds number from 0.75 million to about 2.0
million reduced the amount of separation,thereby increasing the effective
camber of the wing sections, with the consequent decrease in the pitching-
moment coefficient at zero lift.

Minimum drag coefficient.— The minimum drag coefficient is plotted
a8 & function of Reynelds number in figure 1ll. The decrease in minimum
drag coefficient as the Reynolds number was increased from 0.75 million
to gbout 2.0 million is believed to be related to a decrease in pressure
drag due to a reduction in the area of separated lamjinar flow. This
reasoning is substantiated by the liquid—film studies of reference 9
which showed that the area of separated flow decreased between Reynolds
numbers of 0.34 million and 0.68 million. This favorable effect should
continue until transition from laminar to turbulent boundary layer has
occurred on the wing surface. As noted previously, the boundary layer
‘on the wing surface behind the trailing—edge Mach line was apparently
fully turbulent above a Reynolds number of sbout 2.0 million. The slight
increase in minimum drag coefficient which occurred above a Reynolds
number of about 3.0 million appeared to be due to either turbulent sep—
aration near the trailing edge or an increase in skin—friction drag due
to the longer run of turbulent boundary layer brought about by the
transition point moving forward of the tralling—edge Mach line. (See
reference 10.,) The variation of minimum drag with Reynolds number was,
in general, independent of Mach number,

Maximum lift—drag ratio.— The variation of maximm lift—drsg ratio
with Reynolds mumber is shown in Ffigure 12, As the Mach number was
decreased, the variation of maeximum lift—drag ratio with Reynolds number
became greater. Thls is believed to be attributable to the greater
effects of viscosity at the lower Mach numbers associated with the steep
chordwise pressure gradients which appear when the Mach line from the
wing trailing edge extends well forward over the wing surface.

CONCLUSIONS

The results of the investigation of the effects of Reynolds number
on the longltudinal characteristics of a wing—body configuration employ—
ing e wing with leading edge swept back 63° indicated:

1. At each of the test Mach numbers and from about 2.0 million to
3.7 million Reynolds number, little change in values of the test param—

eters occurred. '
CONE——
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2., The values of the lift—curve slope and minimum drag coefficient
decreased and the position of the aerodynamic center moved forward as
the Reynolds number increased from 0.75 million to about 2.0 million.

3. The variation of lift—~curve slope, aerodynamic—center positicn,
end minimum drag coefficient in the range of Reynolds mumbers between
0.75 million and about 2.0 million can be attributed to the greater
effects of viscoslity which manifest themselves in the region behind the
tralling—edge Mach line,

Ames Aeronsutical ILaboratory,
National Advisory Committee for Aeronasutics,
Moffett Field, Cglif.
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